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THE FLOW PAST A STRAIGHT- AND A SWEPT-WING— BODY COMBINATION 
AND THEIR EQUIVALENT BODIES OF REVOLUTION 
AT MACH NUMBERS NEAR 1.0 
By Walter F. Lindsey 

SUMMARY 


Tests utilizing the schlieren method of flow photography have been 
conducted to provide a comparison of the complete flow fields past a 
straight- and a swept-wing — body combination and the flow fields past 
their equivalent bodies of revolution at Mach numbers around 1.0. The ' 
results indicated that the shock growth and positions on the wing-body 
combinations were closely reproduced in the flow past the equivalent 
body. 


INTRODUCTION 


The correspondence of drag between a wing-body combination and its 
equivalent body of revolution as determined by the transonic area rule 
was stated in reference 1 to require a correspondence of the flow fields 
and shock formation about the two bodies. Some limited information On 
the flow fields in reference 1 indicated that such a condition existed. • 
In the absence of information whereby a comparison of the complete flow 
fields past a wing-body combination and its equivalent body could be 
made, tests utilizing the schlieren method of flow photography have been 
conducted to provide this information by examining the complete flow 
fields and the shock formations existing on two wi-ngr-body combinations 
and their equivalent bodies. 


APPARATUS AND TESTS 


The tests were conducted in the Langley 4- by 19-inch semiopen 
tunnel (ref. 2 ), which had been modified to operate on a direct-blowdown 
principle. A support sting whose diameter was equal to the body diameter 
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at the body-sting juncture and increased downstream (fig. l) was 
installed in the tunnel. All models involved in this investigation 
were supported at an angle of attack of 0° on the sting. 

The models consisted of body alone, two wing-body combinations, 
and their equivalent bodies. The basic body used in all combinations 
had a fineness ratio of 12 and a profile as shown in figure l(a). The 
wing of one combination was a 14-5° sweptback wing having a taper ratio 
of 1 and an aspect ratio of 3. 9- The wing had an NACA 66-006 airfoil 
section in a streamwise direction. The equivalent body had the same 
longitudinal area distribution and is shown in figure 1. The wing of 
the second wing-body combination was a straight wing having a taper 
ratio of 1 and an aspect ratio of 1-5 • The wing had a 6-percent-thick 
symmetrical circular-arc profile with maximum thickness at 50 percent 
chord. The profile and area distribution of the equivalent body for 
this combination are also shown in figure 1. The profiles of the 
equivalent bodies for both wing-body combinations can be compared in 
figure l(a). The bump on the basic body formed by the addition of the 
cross-sectional area of the swept wing, in accordance with the transonic 
area rule (ref. l), extended along the body for a distance of 40 percent 
of the body length and had a maximum height (increment in radius) of 
17 percent of the basic body radius. The bump formed by the addition 
of the cross-sectional area of the straight wing extended for a distance 
of 25 percent of the body length and had a maximum height of 4l percent 
of the body radius. The bump for the swept wing thus represents a 
relatively small disturbance on the body, whereas, the bump for the 
straight wing represents a moderately large disturbance . 

Data on the flow fields of the models were obtained on 35-™n film 
in the form of schlieren photographs taken as motion pictures of the 
flow; these data were obtained for a slowly but continuously increasing 
Mach number over the speed range, followed by a similar decrease in 
Mach number. The variable -frequency light source described in refer- 
ence 3 was used and limited each picture to an exposure of about 
4 microseconds. The Mach number for any given photograph was identified 
by a Mach number indicator that extended into the lower part of the field 
of observation. The bodies, as previously stated, were mounted at an 
angle of attack of 0 ° and the wings on the body were oriented with 
respect to the optical axis of the schlieren system at 90 °, 45°, and 0 °. 
For the 0° view, the wing was along the optical axis of the schlieren 
system and was not observable in the schlieren pictures . 

The tests were conducted over a Mach number range from approximately 
0.7 to slightly above 1.0 at a constant stagnation pressure of 20 psia. 
The corresponding Reynolds number based on body length at a Mach number 
of 1 was 3 X 10^. 
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RESULTS AND DISCUSSION 


Selected photographs from the motion pictures are presented for 
the body alone and for the wing-body combinations at Mach numbers of 
0.95, O.98, 1.0, and approximately 1.04, since these photographs cover 
the Mach number range of shock development . Photographs of the flow 
past the body alone (fig. 2) show that the body shock starts forming 
around a Mach number of O.98 and moves rearward along the body with 
increasing Mach number. The addition of carborundum on the nose of the 
body to fix transition of the boundary layer had no effect on the shock 
pattern nor on the location of the shocks except to produce character- 
istic disturbance patterns at the roughness location. (Compare figs. 2 
and 3-) The similarity of shock formation indicates that the turbulent 
boundary layer produced by carborundum is not affecting the shock forma- 
tion and that a smooth model may be used throughout the tests without 
any appreciable effect of sudden transition in the boundary layer on 
the smooth-nose models . 

In order to examine carefully the flow about the wing-body com- 
binations, three views of the flow were made - one taken normal to the 
span of the wing (90° view), the second taken along the span of the 
wing (0° view), and the third taken midway between these two (45° view). 
From an examination of the flow in the three views, the axially symmetri- 
cal or dissymmetrical nature of the flow past the wing-body combinations 
can be determined. The three views of the flow past the 45° swept-wing — 
body combination and the views of the flow past its equivalent body at 
Mach numbers from 0.95 to about 1.04 are shown in figure 4. At a Mach 
number of 0.95 (.fig- 4(a)) only minor shocks are observed in the three . 
views, and there is close correspondence of the flow past the wing-body 
and the equivalent body. An increase in the Mach number to O.98 
(fig. 4(b)) produces somewhat stronger shocks; and, again, similar 
flow conditions are observed on the wing-body and equivalent body. At 
this Mach number the body shock is formed ahead of the wing. At a 
Mach number of 1.0 (fig. 4(c)), the shock has moved downstream and is 
located near the wing-tip trailing edge and extends completely across 
the body. The three views of the flow past the wing-body combination 
indicate an approximately axially symmetrical type of flow, which is 
well-reproduced by the equivalent body not only in appearance of shock 
strength but also in the locations of the body shock ahead of the wing 
and the main shock. At a Mach number of 1.04, there is some variation 
in the shock appearance around the body in the wing-body combination or 
some axial dissymmetry of the shock. This variation is slight, however, 
and the shock pattern is well-duplicated on the equivalent body. The 
flow conditions observed past the wing-body combination and its equiva- 
lent body indicate that throughout the speed range of the tests the 
appearance and growth of the shocks on the wing-body combination are 
well-duplicated on the equivalent body, whose distortion from the basic 
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body represents a small disturbance. Although this result indicates 
equivalence of drag on an untapered sweptback wing-body combination and 
its equivalent body, some investigations (refs. 1, A, and 5) of tapered 
sweptback wing-body combinations and their equivalent bodies have shown 
the increment in drag at transonic speeds for the equivalent body to 
be between 40 and 80 percent of that for the wing-body combination. 

The flow past the straight-wing — body combination and its equivalent 
body is shown in figure 5* At a Mach number of 0.95 (fig. 5(a)), the 
flow past the wing-body combination appears similar in the different 
views; thus, approximately axial symmetry of shock formation is indi- 
cated. The shock location somewhat ahead of the wing trailing edge is 
well-duplicated on the equivalent body. At a Mach number of O.98 
(fig. 5 (b)), "the shock is at the trailing edge of the wing and little 
difference is noted in the three different views of the flow past the 
body. The shock location is approximately the same as on the equivalent 
body, yet the equivalent body does produce a small difference in the 
shock at the shock-body juncture where the shock is forked. At a Mach 
number of 1.0 (fig. 5 ( c ))> the body shock ahead of the wing is occurring 
near the same location in the three views of the flow past the wing-body 
combination as on the equivalent body. The main shock behind the wing, 
however, does show, in the three different views, considerable devia- 
tion from axial symmetry. The flow past the equivalent body has the 
same location of terminal shock and body shock and produces a terminal 
shock whose shape throughout the field appears to be an average of the 
variously shaped terminal shocks observed on the wing body. The flow 
past the equivalent body is an axially symmetrical representation of 
the axially dissymmetrical flow past the wing-body combination. A 
similar condition is observed at a Mach number of approximately 1.04 
(fig. 5 (d)). 

These results indicate that, when the wing-body combination gives 
rise to rapid changes in area along the axis of its equivalent body and 
represents a moderately large disturbance, axial dissymmetry of the 
shock formation can occur, yet the equivalent body provides a flow con- 
dition that closely corresponds to an integrated effect of the dis- 
symmetry in the aforementioned shock formation. The flow past the 
equivalent body would be expected to provide increments in drag due to 
shock that would closely correspond to the increments in drag due to 
shock on the wing-body combination. 

The results of the tests on the two wing-body combinations have 
indicated that the flow past the equivalent body duplicates or closely 
approximates' that past the wing-body combinations; furthermore, the 
results indicate that, as the body shape, or the bump representing the 
equivalent body, departs radically from a slender bump or small dis- 
turbance, the. similarity of flow between the wing-body combination and 
its equivalent body diverges. Presumably, therefore, a wing-body 
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combination having a straight wing of aspect ratio greater than 1.5 and 
thickness-chord ratio greater than 6 percent would not only have con- 
siderable axial dissymmetry of the flow past the model, but the differ- 
ences between the flow past the model and the flow on its equivalent 
body would be larger than those shown herein. 


Langley Aeronautical Laboratory, 

National Advisory Committee for Aeronautics , 
Langley Field, Va., January 13, 195^ • 
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Figure 1.- Profiles and area distributions for body and equivalent bodies 
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(b) Area distribution. 
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Figure 3 .- Body alone with transition strip near nose 
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Figure 4 .- Body with 45 ° swept wing. 
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Figure 4.- Concluded. 
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Figure 5«- Body with straight wing. 
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